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Introduction

NTRY vehicles have been in operation for over a decade,
and it is now possible to identify some trends which have
developed in operational systems. In the case of landing on
a planet that has a sensible atmosphere, advantage can be
taken of the atmospheric drag to slow the entry of the landing
vehicle, in accordance with Allen and Eggers’ classic study.*
The control of the aerodynamie deceleration loads and the pro-
tection of the payload from induced aerodynamic heating
constitute the primary problems for the entry vehicle de-
signer. Our objective is to review the major aspects of entry
vehicles in terms of past and presently operational vehicles,
and to indicate trends in terms of advanced mission require-
ments and studies.

Entry Mission Profiles and Vehicle
Configurations

Operational requirements for recovery, propulsion system
limitations, guidance system capabilities, and acceleration
load limits constrain the flight path during entry.!~ These
constraints, coupled with mission objectives, have led to the
use of ballistic or near-ballistic trajectories for all existing
operational spacecraft. The entry trajectory is first deter-
mined by the velocity Vz and angle yg at which the vehicle
enters the atmosphere. The entry of Earth orbital vehicles is
normally initiated by a propulsive maneuver which decreases
the altitude of perigee of the orbit to the point of intersection
of the trajectory with the atmosphere. This intersection can
be controlled easily, and yg has normally been small, which
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allows a minimization of loads. For missions involving trans-
fer between celestial bodies, such as lunar-return or planetary
missions, vg i1s determined by guidance during midcourse
maneuvers. The accuracy of the guidance system and the
requirements for capture and for specific maximum inertial
loads influence the choice of v and the accuracy with which
it can be determined. For missions involving transfer
between celestial bodies, a variety of entry trajectories ecan
oceur for a given vehicle. Let us review mission profiles and
configuration considerations for the entry vehicles in Fig. 1.

Unmanned Orbital—Biosatellite

Unmanned entry vehicles which have been used to return
scientific experiment data from Earth orbit include the
Biosatellite (Fig. 1a). One of the objectives of this program
is to determine the effect of the space environment (particu-
larly weightlessness) on biological specimens. A key element
in the design of the Biosatellite missions is the requirement of
maximum experiment acceleration of 1075 g for 959, of the
time in orbit. Because of the resulting restrictions on angular
rates, the uncertainties in initial orbit due to booster varia-
tions, and the orbit decay during the mission, a circular target
orbit of 200 naut miles was chosen. This orbit imposed
strong weight restrictions on the total spacecraft system.

The recovery dispersion limit of 400 naut miles is based on
the requirement of air retrieval for quick transporation to
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Hawaii. The entry vehicle is placed in the proper attitude
for deorbit by the spacecraft attitude-control system, with the
use of two horizon sensors and a magnetic boom for attitude
determination. The entry vehicle is spun up to approxi-
mately 60 rpm for gyroscopic stability during retrothrusting
and then despun to about 10 rpm for entry. The thrust cone
is ejected and, until parachute deployment, the entry vehicle
is in free flight with the desired attitude being maintained
through natural aerodynamic stability.

The aeroshell, a highly blunted 10° cone, orients and pro-
tects the payload during Earth entry and decelerates the
payload such that the parachute can be deployed at high
altitudes (approximately 50,000 ft) for aircraft aequisition and
subsequent air snatch. For a maximum entry weight of 474
Ib, this configuration attains proper orientation from an initial
angle of attack of approximately 120° and decelerates to
Mach 1 at approximately 50,000-ft altitude. This deorbit
system was used on the “B” flight (3-day mission) in Septem-
ber 1967 and achieved a deorbit from a 160 naut mile orbit
with impact less than 10 miles from the predicted impact
point.

Manned Orbital and Lunar—Mercury, Gemini, and Apollo

Manned vehicles have progressed toward nonballistic
trajectories. The Mercury capsule (Fig. 1b) had a lift-to-
drag ratio (L/D) equal to zero and a ballistic coefficient 8
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tailored to limit the entry load factor to a level compatible
with human physiology. Control over the landing location
was provided by timing the retromaneuver. The Gemini
spacecraft (Fig. 1¢) used an offset c.g. to achieve an L/D of
approximately 0.1. This small L/D, coupled with an inertial
guidance system, provided sufficient control of the entry
trajectory to allow extremely accurate predictions of the
landing site, but site selection was still dependent on the
retromaneuver.

The technology of ballistic and near-ballistic orbital entry
is approaching maturity. The most severe manned orbital
entry trajectory for near-ballistic or ballistic vehicles is that
which results from a minimum retromaneuver. Such entries
are of long duration and result in high integrated heat loads.
However, the associated heating rates are much lower than
those associated with a nominal entry. The large effective
radius of the Mercury-Gemini-type configuration minimizes
the convective heating rate to the heat shield. Even for
lanar-return velocities, the radiative heating to these blunt
shapes is much lower than the convective rate.

The Apollo spacecraft (Fig. 1d), an aerodynamically
symmetric body, is designed to provide an /D of between
0.25 and 0.40 to satisfy two requirements: 1) the availability
of negative lift provides assurance of capture after lunar-
return at superorbital velocities with a higher overshoot
boundary and 2) the maneuvering capability and the guidance
system combine to allow arbitrary landing-site selection from
1500 to 2500 naut miles downrange from the entry interface
location. Since the injection maneuver is executed several
days prior to entry, entry maneuvering is necessary because
the spacecraft must be able to avoid local bad weather condi-
tions on a real time basis.

The maneuverable entry vehicle concept is so firmly en-
trenched, and the technology is so well proven that all future
manned orbital entry vehicles will possess maneuvering
capability. This tendency will probably result in the develop-
ment of a true lifting body, or even a winged configuration,
within a few spacecraft generations. Such spacecraft will
have the aerodynamic and guidance capability to perform
relatively steep entries using positive lift, and to fly at hyper-
sonic velocities for extended periods of time during shallow
prolonged entries, using negative lift, if necessary, to prevent
skipping. The range of entry trajectories of these vehicles
will be limited by the capability of the thermal protection
system to sustain high heating rates, high heating loads, and
combinations of these parameters. The task of defining the
sequences of altitude-velocity combinations that are thermally
permissible is one of great complexity, simply because the
number of possibilities is large, and the task of displaying to
the pilot the complex of alternatives open at each point in the
trajectory will be very difficult.

Another factor in manned entry vehicle configuration selec-
tion is volumetric efficiency, since, in the first order, thermal
protection system and structural weight are a direct function
of vehicle area. The volumetric efficiencies of several entry
vehicle configurations are compared in Fig. 2; the advantage

of the Apollo type vehicle is obvious. Nevertheless, the
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state of the art of thermal protection has advanced sufficiently
to seriously consider the use of sharper-nosed vehicles for
future manned Earth-orbit and lunar-return missions. An
airplanelike, high-L/D configuration could be landed in a
conventional manner at any desired location, thus minimizing
recovery operations. As the basic cost of launching decreases
with the development of more efficient launch vehicles, it is
likely that a high-lift, truly flyable entry vehicle will be
developed in the future for orbital missions.

Nuclear Fuel Abort—SNAP

The problem of radioisotope cask recovery leads to an
extreme example of a highly indeterminate entry trajectory.
Radioisotopes must be protected for atmospheric entry since
aborted missions could result in entry of the fuel and may
endanger human life. The SNAP-27 fuel cask used in the
Apollo lunar landing mission may enter at orbital, suborbital,
or lunar-return velocities during aborts initiated after trans-
lunar injection. From Earth orbit, the entry angle may be as
low as 0.06°, whereas at lunar-return velocities entry angles
as high as 38° are likely, and 70° entries are possible.

Unmanned Planetary Lander—Mars, Venus

For direct-entry missions, the planetary entry velocity Ve
is directly related to the approach velocity. Figure 3 shows
Ve's for Mars and Venus. The velocity that is actually ob-
tained in any particular mission depends on constraints such
as launch energy, range safety conditions, relay or direct
communication requirements, and lighting conditions, at the
planet. On Mars direct-entry missions vz is constrained on
the shallow side by the skipout limit which is of the order of
10°-15°, the exact value depending upon the atmospheric
properties Vy and the aerodynamic characteristics of the
eniry vehicle. However, the constraint on yr must be set
higher (to approximately 20°-30°) because of v errors which
result from uncertainties in aimpoint location and from errors
in the deflection maneuver.

In out-of-orbit missions Vg is independent of the approach
velocity and, therefore, is independent of the launch oppor-
tunity. Instead, the determining parameters for Vg are the
orbit period and the manner in which the lander is separated
from the orbiter. Typical values of out-of-orbit entry veloe-
ity are 14,000-16,000 ft/sec for Mars missions and 28,000~
30,000 ft/sec for Venus missions. While a steep entry is
typical for direct-entry missions, relatively shallow entry is the
usual case in out-of-orbit missions.

Planetary Return

Manned planetary exploration missions will require the
development of vehicles capable of entering the Earth atmo-
sphere at velocities in excess of 40,000 ft/sec.2~7 With present
guidance system accuracies, vehicles of the Apollo class with
with L/D = 0.5 can assure capture and physiologically accept-
able inertial loads. Such vehicles are more probable choices
for manned planetary missions than vehicles with L/D > 1.5
because thermal protection system technology for the latter is
not well characterized. Since constant-altitude deceleration
trajectories can result in extremely high heating rates (~10*
Btu/ft?-sec), tailoring of the entry trajectory on the basis of
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heating minimization has been studied (and shown to be
feasible), but the analyses are complicated by the dependence
of heating on vehicle configuration. One way to reduce Vg,
as well as propulsion requirements, is to use swingby trip
modes wherein a close approach to a third planet is made.
However, the mission trajectories that alleviate the entry
vehicle problem significantly extend the total mission time and
thus significantly expand the requirements of other spacecraft
systems, such as the life support systems.

Unmanned, Manned—Planetary

The problems of entry into the atmospheres of Mars and
Venus present separate requirements which, after appropriate
tradeoffs, result in surprisingly similar aerodynamic configura-
tions. In the case of Mars entry, the basic problem is one of
decelerating the vehicle sufficiently to allow for the tenuous
nature of the atmosphere. For Venus entry, aerodynamic
heating at the relatively high entry velocities (36,000-42,000
ft/sec) presents the major tradeoff parameter. As a result,
the most significant vehicle requirement for ballistic entry is
that it have a low 3.

Guy?® recently discussed the Mars deceleration requirements
and the influence of the configuration upon the payload
efficiency of the entry vehicle. A multistage deceleration
systerm, consisting of aeroshell, aerodecelerator and retro-
engine or impact attenuator may be used to maximize the
landed payload within the constraints of the booster weight
and shroud diameter limits. A typical planetary out-of-
orbit weight breakdown is presented in Fig. 4. Since the
vehicle is constrained in ballistic coefficient, the vehicle drag
must be maximized. As a result, the aeroshell configurations
have tended toward very blunt sphere cones with some con-
sideration of the modified Apollo and tension shell shapes.
Previous flight experience for blunted cones has been restricted
to a cone angle of 52° or less, while cone angles of 60° or more
provide a drag which is comparable to the segmented sphere
(Apollo) or tension shell. Vehicle stability is also a consider-
ation since the decision of whether or not to incorporate an
attitude-control or rate-damping system must be made. In
general, the blunt configurations have little dynamic damping,
and measurements in ground tests are difficult. ~ One configu-
ration that is being developed is shown in Fig. 1e.

The Venus atmosphere is considerably more dense than that
of Earth. As a result, low vehicle 8 is not necessary to
achieve reasonable deployment conditions for aerodecelerators.
The entry velocity of a Venus probe, however, is approxi-
mately 36,000-42,000 ft/sec and can produce considerable
radiative heat transfer to the vehicle depending upon the
vehicle 8. In Ref. 9, however, it was reported that heating
levels can be held to levels associated with Earth entry if a 8
less than approximately 25 1b/ft? and a cone angle less than
45° areused. Such a configuration is within the aerodynamic
technological state of the art.

The effect of heat-shield ablation upon the vehicle dynamies
has been investigated for small cone angles (6. = 10°) with
little bluntness but not for blunt-nose bodies. Since the
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technology for the projected Venus configuration is well
advanced, the configuration tradeoffs reduce to an aeroshell
optimization with perturbations within the range of the
limiting parameters such as 83, 6., and nose blunting.

Among the concepts being considered for Mars entry are:
inflatable afterbodies for the basic aeroshell to provide for
increased drag area and, thus, payload, while not exceeding
booster shroud diameter limits®®; modifications to the blunt
sphere cone to provide lift and, thus, to increase the allowable
ballistic coefficient and, therefore, payload weight.®® The
configurations being studied for manned planetary entry at
Mars are similar to those previously discussed for unmanned
planetary missions. The determining factor is the same:
maximization of Cp. The opposite is true for Mars-return or
Venus entries. For these cases, heating is a determining
factor in vehicle configuration. Since manned vehicles are
necessarily large, radiant heating becomes dominant for such
entries if blunt vehicles are used. To avoid such heating,
configurations such as Fig. 1f have been proposed for Mars
return. Such sharp vehicles encounter convective heating
problems due to the extremely high tip heating rates and
shears and to possible turbulent heating to the conical fore-
body.

One result of & recent comparative study'! of the cone and
the Apollo shape for Mars return is shown in Fig. 5. This
indicates that, when the uncertainties in heating technology
are considered, no distinet advantage of either shape can be
determined from a heating standpoint. The effects of vehicle
shape on total vehicle weight, as a function of Vg, are shown?
in Fig. 6. Again, up to velocities of 55,000 ft/sec, it is
apparent that all geometries result in about the same total
vehicle weight.

Continuing studies have attempted to define optimum con-
figurations for entry vehicles from operational, heating, and
other standpoints, and several new configurations have
resulted.’3-15 However, unless new operational require-
ments, such as land recovery or refurbishment and reuse, can
be identified, no obvious total advantage of any of these con-
figurations over that of the Gemini-Apollo type entry vehicles
has yet been shown, even for Mars-return entries. Thus, 1t is
likely that at least the next one or two generations of manned
entry vehicles for space programs will be of the same basic
spherical segment-cone configuration as those used in the past.

System Design Considerations
Thermal Control Subsystem

The Biosatellite spacecraft has an environment control
system (ECS) which consists of two circulating coolant loops
coupled with an interloop heat exchanger. One loop provides
coolant for temperature and humidity control of the payload
capsule atmosphere and coolant for temperature control of
the water and metabolic water storage tanks. The other loop
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provides temperature control for the fuel-cell power source,
cryogenic gases, electronic components, and the urine experi-
ment package. A radiator for rejection of the spacecraft
thermal energy and a regenerative heat exchanger are also
parts of the second loop. The ECS vehicle thermal design
loads a range from 400 to 800 Btu/hr for the 30-day mission
and from 500 to 900 Btu/hr for the 21-day mission. Since the
vehicle attitude during orbit is completely random, ECS must
be capable of operating over a wide range of orbital thermal
environments.

Through the Mercury, Gemini, and Apollo programs, in-
creasingly more complex and sophisticated thermal control
systems have evolved. The Apollo command module uses a
combination of passive (insulation and thermal control coat-
ings) and active systems to maintain a habitable environment
throughout the Apollo mission from Earth-orbit insertion to
lunar orbit and return. The primary active system consists
of a continuous circulating mixture of water-glycol which
provides a heat-transport-fluid loop. This flow is used to cool
the cabin atmosphere, the pressure-suit circuit, the electronic
equipment, and a portion of the potable water. It also serves
as a heat source for the cabin, when required. All unwanted
heat absorbed by the water-glycol is transported to the
environmental control system space radiators located on the
surface of the service module. Supplemental cooling takes
place within the water-glycol evaporator where heat is rejected
by the evaporation of waste water. The spacecraft also is
provided with a completely independent, secondary coolant
loop, which routes water-glycol to certain critical components
that are absolutely necessary to complete a safe return to
Earth. In addition, heaters are used to control specific
components, such as the command module reaction control
engines.

The selection and design of an internal thermal control
system for a planetary entry vehicle are strongly influenced
by external environments, mission duration, payload tem-
perature requirements, power dissipation, and vehicle shape.
Therefore, it is difficult to be completely general in discussing
the thermal control of planetary vehicles. The methods of
thermal control for the Mars and Venus landers are directly
opposed, since the surface temperature of Mars may range
from —184° to 117°F with pressures ranging from 0 to 2 psia,
while Venus surface temperatures can vary from 450° to
1050°F with pressures ranging from 10 to 120 atm. There-
fore, systems for heating the payload for the Mars lander and
removing thermal energy for the Venus lander are required.

A number of methods are available for providing the heat
required to maintain Mars lander components at acceptable
temperatures. For short stays (<10 days), a battery-powered
system (e.g., insulated payload, heat of fusion thermal
storage, and local electric heaters) would be practical. This
approach is impractical for long stays, since the batteries
and/or increased power supply capabilities become prohibi-
tively heavy. For intermediate stays (~30 days), a fuel-cell
power source may be desirable. The associated thermal-
control methods are an active coolant circulation loop, elec-
trical heaters, and insulation.

The most attractive method of thermal control for long-
duration missions is the use of the thermal energy dissipated
from the electrical power system when the power supply is a
radioisotope thermoelectric generator (RTG). A liquid loop
circulation system can be used to convect the thermal energy
from the RTG unit to the payload as required to maintain the
desired payload temperatures. On the surface of Mars, the
excess thermal energy could be radiated directly from the
outer surface of the RTG.

Since the external environmental temperatures of Venus
are considerably above the desired operational temperatures
of the equipment to be included within the lander, a means of
cooling the payload must be devised. An expendable coolant
system can provide the necessary cooling and has the advan-
tage of very low power requirements, but such a system is
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limited by the amount of coolant which may be carried within
the vehicle.

Detailed discussions of thermal control system design and
analysis techniques are presented in Refs. 16-26.

Life Support System

In the Biosatellite, a controlled laboratory environment
(i.e., 14.7 psia, O, and N, standard atmosphere) is maintained,
within which the biological investigations are performed.
The temperature and relative humidity of the air in the
capsule is maintained at 75 3= 5°F and 40-709, respectively,
to satisfy the biological requirements. A gas management
assembly (GMA) is located in the payload capsule and
controls the gaseous environment in the capsule to provide
the controlled laboratory environment. The GMA controls
the temperature and relative humidity of the air, the circula-
tion and filtration of the atmosphere, the accumulation of
trace gases and odors, the total pressure of the standard
oxygen/nitrogen atmosphere, and the partial pressure of the
oxygen. It also measures the total pressure, the oxygen
partial pressure, the carbon dioxide partial pressure, the
temperature, and the relative humidity. The gas manage-
ment system receives its coolant supply from the ECS located
in the adapter section. The oxygen and nitrogen makeup
gases are supplied from cryogenic storage tanks in the adapter
section.

The Gemini ECS was designed to support two men for a
nominal 14-day flight with an atmospheric environment of
1009% oxygen at 5.0 psia. The system consisted of a cabin
circuit and a suit circuit. The cabin circuit was of the same
design as that provided in the Mercury spacecraft, except
that the heat exchanger was a liquid coolant fluid-to-gas
design. The suit circuit contained the same processing and
control components that were provided in the Mercury
spacecraft suit circuit. The Apollo entry vehicle ECS pro-
vides a controlled environment for three astronauts during
stays on the moon up to 14 days duration. This environment
consists of a pressurized suit circuit for use during normal or
emergency conditions and a pressurized shirt-sleeve cabin
atmosphere (5 psia oxygen) used only when normal conditions
exist. Metabolically, the system is responsible for supplying
oxygen and hot and cold potable water as well as for removing
CO,, odors, water, and heat. Oxygen and potable water
are supplied to the ECS from the electrical power system.
The oxygen is stored at cryogenic temperatures; the potable
water is a by-product of the fuel cell power system. The
pressure-suit and cabin gases are processed for reuse by being
routed through the suit circuit debris trap, the carbon dioxide
odor-absorber filters, and the heat exchanger.

The primary penalty is generated by the atmosphere
control system which must funetion for long periods of time,
compensating for varying metabolic and equipment heat
loads, resupplying the oxygen used, removing carbon dioxide
and toxic substances, and controlling humidity. The storage
of all food and potable water required by the crew and waste
products is also a significant requirement. One requirement
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peculiar to the crew which is more evident on the Apollo than
on the Mercury and Gemini entry vehicles is the requirement
for excess space in which the crew may exercise some freedom
of movement. All these requirements impose significant
penalties on the vehicle for longer mission durations.

Further information on the design of life control systems is
presented in Refs. 27-31.

Crew Safety

Systems are frequently included in manned entry vehicles
which are not required for normal ecrew operations exclusively
to provide for crew safety. The launch pad abort system of
the Gemini vehicle is a typical example. The Gemini crew-
men sat in ejection seats behind large hatches. In case of an
abort on the pad or during liftoff, the crew was ejected and
parachuted a safe distance from the failing spacecraft and
launch vehicle. The presence of a crew necessitates the
incorporation of many systems and directly affects the design
of other systems in manned entry vehicles. However, one of
the most significant impacts on manned entry vehicle design
is more subtle. Because a crew is carried, the reliability of
the entry vehicle, and especially the reliability of intact
recovery, must be extremely high. The present manned
vehicles are designed to land on water, primarily to increase
the reliability of intact recovery, since the structural and
terminal deceleration systems requirements are minimized
and since the probability of landing in the design environment
is significantly increased. Failure of guidance and navigation
systems, pilot errors, and times of mission abort are thus
made somewhat less critical. All the systems in a manned
vehicle which are considered necessary for erew survival are
made redundant, and all single-point failures are eliminated.
This is in sharp contrast to those systems in manned space-
craft which are not essential to crew survival, in which many
single point failures are allowed. The most dramatic example
of the impact of crew safety on entry vehicle design, testing,
and operation is the extensive changes in the Apollo command
module which resulted from the launch-pad fire which took
the lives of three crewmen. The crew hatch has been com-
pletely redesigned. Interior materials that are most flam-
mable in an oxygen-rich environment have been replaced. In
addition, future manned entry vehicles may use two-gas
atmospheres to decrease the propagation rate of fires and to
allow the use of a wider range of materials in their construc-
tion.

For space stations, the requirements for crew safety include
the provision that, throughout mission (which may extend
for periods of a year or more), the erew shall have the capa-
bility to abandon the space station and return to Earth.
This requirement necessitates the long-term storage in space

f an entry vehicle in a quiescent state, either in the form of a
logistics vehicle permanently docked to the station, or in the
form of a lifeboat, a vehicle of minimum size to be used only
in case of emergency. The problem associated with the
storage of a logistics vehicle is that of the degrading effects of
the space environment over extended periods of time. The
lifeboat problem is unique in that its solution requires the
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development and launching of a vehicle which may never
be used.

Communication

The general functions to be performed by the telecommuni-
cation system for unmanned vehicle include telemetry, track-
ing, and command (TT&C).*27% The particular require-
ments of the system are derived from the mission to be
performed and from the physical limitations upon the system.
An example of an Earth-orbital and entry telecommunication
system is the Biosatellite vehicle. The two modes of opera-
tion, orbital and entry, generally imply different requirements
of the TT&C functions. In the orbital case, all three func-
tions are provided by separate VHF systems. A tape recorder
is available to retain the information collected. During
entry, a VHF telemetry transmitter provides for monitoring
critical functions. Frequently, consideration must be given
to the blackout problem, although this is not a econcern for
the Biosatellite mission. A beacon is on board for recovery
purposes.

The telemetry system for Earth-centered missions is eur-
rently undergoing a shift in frequency from VHF to S band.
The effect of the shift in frequency is that a higher transmitter
power output is usually required. In addition, the S band
antennas require multiple slots and hence are more compli-
cated. Also, frequency or polarization diversity may be
required to achieve the desired coverage during entry. The
telecommuniecation system for a planetary probe can utilize
either a direct link to Earth or a relay link to the spacecraft
for subsequent transmission to Earth. In either case, the
Earth link is constrained to S-band frequencies to be com-
patible with the deep-space network stations. The required
transmitter powers are on the order of 20-50 w. At these high
output powers, the high shock resistant travelling wave tube
(TWT) has an efficiency approximately 2.5 times better than
that currently available from solid state transmitters. Hence,
a TWT power amplifier is considered the most likely candi-
date. .

The selection of the frequency for a lander-to-spacecraft
relay link is not constrained as is the direct link. Therefore,
it can be optimized for the specific mission and vehicle con-
figuration. The optimum frequency falls in the range of
100-500 MHz. Highly efficient solid state transmitters are
available in this frequency range. The effective use of the
spacecraft as a relay station is dependent upon the selected
mission, the availability of the spacecraft, and the mutual
visibility of the lander and the spacecraft. For long-life
surface missions, the direct link is desirable to free the lander
from dependence upon the spacecraft. However, the relay
link is more efficient than the direct link and, therefore, is
more suitable for transmission of data during entry and for
the high data requirements of video information.

Power

The selection and design of power sources for entry ve-
hicles® %! is determined by the power level and mission
duration. For short, moderate-power missions, the silver-
zing primary battery provides excellent performance, high
reliability, and low cost. The longer missions associated with
planetary programs result in such total energy demands that
solar cells, fuel cells, or RTG’s must be used for prime power.
In missions of 5-30 days duration, such as Biosatellite, a fuel
cell provides weight savings and, with alternate tankage,
weight flexibility. In the Biosatellite vehicle, where steriliza-
tion is not required, a primary battery has been used for
the 3-day mission and a fuel cell supplemented by a battery
for peak loading on the 21- and 30-day missions. The fuel cell
is a hydrogen-oxygen ionic-membrane type which uses
cryogenically stored gases. Tt will be required to furnish an
average of 140 w during the missions.
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Solar arrays have provided extended mission space power
for a large number of orbiting, flyby, and lunar vehicles.
For entry vehicles, the postlanding conditions place further
constraints on the design. In some planetary flights (e.g.,
Venus), the unknown atmospheric conditions, cloud attenua-
tions of sunlight, or surface dust storms could preclude the
use of a solar cell. For a Mars hard landing, the environments
are such that moderate mission durations of 3-90 days offer
an opportunity for solar cell power to be used as a means for
obtaining satisfactory operation beyond the short mission
battery capability. For mission extensions beyond a year,
the radioisotope thermoelectric generator may best meet
requirements. A typical Venus probe would involve 12
months of storage and about 290 hr of actual operation.
This can be performed with primary batteries supplemented
by remotely activated thermal batteries for pulse loads.
A Venus/Mercury swingby, a 14-month mission, would
involve the use of solar cells for prime power in the space
mode as well as the use of storage batteries for the entry
mode. Most entry vehicles use thermal batteries for the high
power levels encountered in the multiple pyrotechnic initiation
associated with deorbit, separation, and entry functions.

Planetary quarantine requirements indicate the need for a
power source that can be sterilized. Thermal, nickel-cad-
mium, and silver-zinec batteries definitely can be sterilized,
and the RTG, by virtue of its normally high operating tem-
perature, should have this capability. At the present time,
fuel cell materials suitable for sterilization are being developed
to meet the planetary quarantine requirements.

Impact System

The landing system must absorb the kinetic energy pro-
duced by the remnant of the capsule velocity subsequent
either to its release from a drag device such as a parachute/
ballute or at the termination cutoff of a retropropulsion
system. The impact shock can be attenuated by crushable
wraparound systems (balsa or honeycomb), pneumatic sys-
tems (gas bags), or hard-point systems. The choice of system
would be dictated by the landing surface conditions, the
touchdown velocity, the wind velocity, and the design inertial
load level. For landing upon hard solid surfaces, the slope
angles, protrusions, and yielding of surface must be con-
sidered. Wind direction and vehicle attitude will also affect
the attenuator design. In addition, multidirectional and
secondary rebounce capability, depending on such conditions
as winds and stability, must be provided. For hard-point
systems, such as legged devices and gas bags, reliable deploy-
ment and efficient packaging are added considerations. A
great wealth of literature deals with the analysis of impact
attenuation devices.42—51

Sterilization

Sterilization plays a major role in the definition of design
and procedures for the scientific exploration of space.32—54
In the case of Earth orbiters such as Biosatellite, the require-
ment is simply that the experiments not be compromised
through the existence of undesired microbial growth. For
Biosatellite in particular, each experimenter defined his indi-
vidual specifications and performed the sterilization proce-
dures so that his experimental results would not be invali-
dated. Sterilized subsystems concerned with the primate
included a bloodstream injection subsystem and a urine
collection subsystem. The bloodstream injection subsystem
was sterilized to preclude infection of the animal; the urine
collection subsystem was sterilized to preclude infection, to
insure against degradation of the urinalysis results, and to
prevent line clogging through precipitates caused by bacterial
growth.

The accepted planetary entry vehicle sterilization specifica-
tion states that the probability of releasing a single viable
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organism on the planet’s surface must be less than 1 in 1000.
Within this constraint, the equipment must operate reliably.
A standard procedure has been designed which limits the
growth of bacteria and contaminants while insuring opera-
tional reliability. It consists of three phases: 1) assembly of
the equipment in clean rooms, 2) intermediate sterilization
cycles prior to final assembly, and 3) terminal sterilization of
the entire capsule/lander assembly together with its biological
barrier, or canister, prior to interface with the launch vehicle.
During entry into the planetary atmosphere, care must be
taken to insure that neither the parent spacecraft nor any
particle generated by the separation of the capsule from the
spacecraft impacts the planet, since this would present a
potential source of contamination. Sterilization may be ac-
complished by the application of dry heat at some particular
temperature for some specified duration of time. Ethylene
oxide may also be used as a surface decontaminant to reduce
microbial population.

Entry Environment

Atmospheric braking is an efficient method for deceleration.
Since significant entry heating is obtained from a small frac-
tion of the dissipated energy, a rather thorough understanding
of the vehicle-atmosphere interaction is required. The level
and distribution of convective and radiative heating cannot be
completely simulated in ground facilities. Although quite
significant theoretical and experimental advances have been
made, there is still much to be done in both research and
engineering. Specifically, the definition of heating.in orbital
and lunar-return environments needs engineering refinement;
the understanding of phenomena in hypervelocity Earth entry
and planetary entry requires extensive research. Present
experience is shown in Fig. 7.

The tradeoff between the desired engineering sophistication
and the associated engineering investment must be considered;
however, there exist many areas where significant improve-
ments could be made. The description of the over-all flow-
field around an entry vehicle is still a research problem, al-
though this is the first prerequisite to establishing local en-
vironment and associated heating. Theoretical advances
have been significant in the deseription of gas dynamic flow
around an Earth-entry vehicle, in the basics of convective
heating, in the convective heating around a vehicle, and in
the radiation characteristics of air with the associated heating.
However, the heating to surface irregularities and to separated
flow regimes is not clearly defined.

Stagnation-Point Convective Heating

Several theoretical approaches to the solution of the
stagnation-point heat transfer for entry into planetary
atmospheres have been developed.® " Experimental data
were obtained®—# for a number of different gas mixtures, the
principle constituents of which were COs, N, and Ar.  Most of
the experimental data agreed with the predictions of theory,
but atmospheres with large Ar contents proved to be excep-
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tions—the predictions of Marvin and Deiwert® appeared to
underestimate the data by 65% at 35,000 ft/sec.

The effect of atmospheric model (both composition and
density scale height) on the total-time integrated stagnation-
point convective heating have been evaluated by combining
the heating theory with the approximate entry analysis tech-
niques of Allen and Eggers? (Fig. 8). Since the atmospheres
of Mars and Venus are currently thought to contain 50~100%
CO0., the total uncertainty in the convective heating is small
when compared to the other uncertainties that exist.

Boundary-Layer Transition

Tor ballistic entry into Mars and Venus, the nature of the
boundary layer (laminar or turbulent) during the heat pulse
depends primarily on the Vg, vr, and 8. For a given Ve, as
the vx and 8 are increased, the altitude at which peak heating
oceurs decreases, and there is a resultant inerease in the
Reynolds number and an eventual transition to a turbulent
boundary layer. TFor lifting entry, the problem can be gener-
alized to dependence on Vg and on pull-out altitude, dictated
by L/D, Vg, W/CiS (where Cp = lift coefficient and S =
effective lift area), and the maximum inertial load. The
effect of boundary-layer transition uncertainties on the heat
shield requirements has been evaluated for hypervelocity
planetary return by Coleman, Hearne, Lefferdo, Gallagher,
and Vojvodich,!* and for lifting entry return from Earth orbit
by Masaki.™

Turbulent Heat Transfer

The prediction methods of heat-transfer levels in fully
developed turbulent flow appear to be adequate for Earth-
entry velocities up to 25,000 ft/sec. However, uncertainties
in the actual turbulent boundary-layer flow mechanisms make
it difficult to extrapolate outside the region of flow experience
with any degree of confidence.

There are presently three major areas of concern: the
behavior of the turbulent boundary layer at high local Mach
numbers and Reynolds numbers, the effects of surface rough-
ness and mass addition, and the role of wall temperature in
effecting turbulent heat transfer. The effect of wall tempera-
ture on the heat-transfer coefficient A appears to be negligible,
and it appears that all data correlate when the wall tempera-
ture is neglected in the caleulation of the reference temperature
by Eckert’s method,”>"2 especially for nonblowing conditions.

The reduction in heat transfer and skin friction that results
from mass addition into the compressible, turbulent boundary
layer is of major concern in defining the heat protection
potential of entry materials. The theory of turbulent heat
transfer, while providing a reliable design tool for present
energy and velocity levels in Earth entry, cannot be extended
outside the range of presently available data without incurring
considerable uncertainty. Studies of the effect of atmo-
spheric composition on turbulent heat transfer need additional
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information that can be provided by experimental work and
by correlation with existing theories for air.

Radiation Heat Transfer

Direct entry into Mars and Venus atmospheres at 18,000—
45,000 ft/sec results in significant energy transfer because of
shock-layer radiative emission, which can be equal to or
greater than the magnitude of convective heat transfer. Hot
gas radiation contains contributions from several sources.
Most treatments of hot gas radiation for Earth or planetary
entry do not consider all the sources; thus, they are in some
cases very ineomplete. Wolf and Spiegel’s work™ presents a
comprehensive collection of experimental and theoretical
predictions for several gas mixtures and indicates that the
accuracy of prediction is limited to a factor of 2-4. However,
they consider only the optically thin case and neglect the
atomic line sources. Gruszezynski’™ has generated shock
layer radiative intensities that result from molecular bands
and the free-bound continuum of negative ions of oxygen and
carbon for the gaseous mixture of 70% N, 309, CO, for flight
velocities from 14,000 to 20,000 {t/sec. He includes molecular
self-absorption for several optical thicknesses but does not
include the contributions from atomic line sources. Wood-
ward” has presented the radiative total intensity per particle
and the number density for the molecular band systems of
several gaseous mixtures. For shock temperatures above
11,000°K, the atomic line contributions dominate and must
also be included. Total radiation including molecular, con-
tinuum, and lines has recently been reported by Menard,
Thomas, and Helliwell™ for a mixture of 309, CO,, 40% N,,
and 309 Ar. Comparisons with theoretical prediction show
that the total radiation is underpredicted by 30-50%.

Nonequilibrium effects present in the shock layer, particu-
larly at the higher velocities, give rise to a radiative heat flux
that exceeds the equilibrium portion determined by most cal-
culations. Evaluation of the nonequilibrium radiation uses
empirical correlations of the data™ %2 and truncation tech-
niques. The reader’s attention is directed to Refs. 89-105
for additional discussion of heat transfer in the entry environ-
ment.

Structural Design and Materials
Structural

The components of a vehicle which would require major
structural design technology support are the following: the
landing systems, such as the lander container or vessel; the
entry systems, including an entry heat-protection shield and
aeroshell or other decelerator; and the pre-entry systems,
consisting of the biobarrier (including sterilization container),
the meteroid and space radiation shield, and the spacecraft
adapter and release system.

Aeroshell structural weight is governed by two factors: 1)
aerodynamic pressure (peak value and distribution) and 2) de-
celeration (inertias in axial, lateral, and rotational directions).
Tor a chosen mission mode and trajectory, the sum of heat-
shield and structure weights must be minimized by, first,
optimizing the interface temperature and, second, by optimiz-
ing the choice of materials (Fig. 9). Reradiative structures
may also be compared with an ablative heat-shield structure
composite.

The heat shield has three functions: ablative heat absorp-
tion, insulative heat protection, and structural integrity.
Design is dictated primarily by aerothermodynamie considera-
tions for heat protection of the capsule payload, and it is
integrated with the structure for effects of thermal expansion,
both for the temperature ranges during interplanetary phases
of the flight and for the elevated temperatures during entry.
Such factors as relative expansion, load strength at elevated
temperatures, temperature gradient, and strength of charred



OCTOBER 1969

and ablated shield are taken into consideration. Analytical
methods are used for evaluating thermal stresses caused by
radial gradients to satisfy eritical requirements of compatibili-
ties between thermal shield, the bond, and the substructure.
Effects of the sterilization heating cycle on both the heat
shield and the capsule must be considered and minimized.

Heat Shield and Materials

Improvements of booster-payload capabilities have resulted
in a rapid development of spacecraft systems for extended
exploration of space. With these developments, increasing
demands have been made on entry thermal protection systems
to sustain higher heating rates and larger heat loads at lower
unit ablator weights. Although the Mercury and Biosatellite
Programs relied upon the technology developed for early
ballistic missile systems, current objectives of the space and
ballistic missile programs result in a different set of thermal
parameters and design criteria. This difference is exemplified
by the Apollo command module, which enters the atmosphere
at superorbital speeds with a modulated lift capability and a
low 8. However, developments in ballistic missiles have pro-
duced sharper nose cones and high 8’s and have resulted in
entry environments which are characterized by high heating
rates for short durations.

The primary thermal requirement for manned spacecraft
heat-shield systems is that of low thermal conductivity in the
virgin and char states. This requirement is a result of the
low heating rate combined with a long-duration entry, in
which the rate of thermal penetration in the ablator thickness
exceeds the surface loss rate during the ablation process. To
achieve low thermal conductivity values, ablator development
for manned flight has tended toward low-density materials
filled with ceramic fibers to maintain the physical integrity of
the char state.

The development of entry spacecraft thermal protection
systems requires a simultaneous activity in experimentation,

Table 1. Entry environments for spacecraft and
heat-shield properties

Entry Bio-

environment satellite  Mercury  Gemini Apollo
B, Ib/ft? 82e 70.7 75.4
L/D 0 0 0.125 0.35
Gmax, Btu/ft?-sec 134 63 42 230
Gav, Btu/ft>sec 54.0 24 23 45.6
t, sec (400-50k{t 348 390 550 980

altitude)
Jqdt, 108, Btu/ft? 15.5 9.35 12.8 44.6
Q, 107, Btu/ft2 142 210 . 7,760
Material

(see Fig. 11):

p (virgin), Ib/ft3 75 108 53 34

p (char), 1b/ft? 19 97 38 18-20

k (virgin),

Btu/ft-hr-°F 0.14 0.198 o 0.07
Bondline design
temperature, °F 450 600 500 600
Heat-shield thick-
ness
Blunt dish, in. 0.72— 0.65 0.92 1.24
0.22 (av) (av)
Afterbody, in. 0.072 .. AN
Heat-shield unit
weights
Blunt dish, 1b/ft? 4.5 8.7 5.5 6.0
(av)

Afterbody, lb/ft? 1.4 - .. 2.7
Wg, 1b 490 2,600 5,050 12,000
Wi, 1b 48 315 345 1,650
Whie/Wr 0.10 0.12 0.07 13.7
Q/Wis, Btu/lb 3,000 666 - 5,470

o @ 200kft.
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Fig. 10 Charring ablator modeling.

theoretical analysis, and design while the ablation material
and spacecraft are undergoing final formulation. Although
the degree of accuracy of the data can be established, practical
requirements dictate that a dual approach be taken which
incorporates the design model formulation and the prediction
model development. The formulation of a design model
attempts to combine the various ablation phenomena into a
gross or essential form (which is conservative in heat-shield
sizing) to compensate for design uncertainty. After the heat
shield is sized, its adequacy is verified through a series of
ground and flight tests.

A prediction model must be developed to calculate the
thermal response of a heat-shield system during entry. The
development of such a model involves a detailed consideration
of each phenomenon (Fig. 10) and its relation to the over-all
material behavior. Although data collected from arc-heated
facilities to support a design model formulation are used in
the development of a predietion model, additional experimen-
tation must be performed which uses the techniques of the
physical sciences. This body of data is then combined into a
numerical scheme to perform the necessary trajectory simula-
tions. Certain numerical experimentation can also be per-
formed to determine the sensitivities to data variation of the
over-all thermal response. Comparisons of entry environ-
ments and vehicle weights are given in Table 1 for some of the
entry spacecraft discussed in this paper.

The Biosatellite high-density phenolic nylon heat-shield
system shown in Fig. 11 is an outgrowth of the original
Discoverer shield system. The entry environment is pre-
dominantly laminar convective heating. Because of the
rather mild heating levels and the oxygen depletion in the
boundary layer (which results from pyrolysis gas injection),
negligible char mass loss from oxidation is experienced, and
the shield performs mainly in the insulation mode. A lighter
weight heat shield could now be designed that performed pri-
marily in the insulation mode (Fig. 12) and that used the
foamed or syntactic silicones with a density of 3041 1b/ft?.

The Mercury and Gemini entries were characterized by a
single heat pulse of a moderate heating rate level for time
durations of approximately 500 sec. The Apollo entry from
superorbital speeds is characterized by a double heat pulse;
the first pulse of high heating rate levels occurs during
deceleration at superorbital velocities and is followed by a
second pulse of moderate heating rate level which occurs
during suborbital deceleration. The total entry heating dura-
tion is approximately 1000 sec.

The Mercury ablator was composed of 409, phenolic resin
and 609, fiberglass cloth which was wound with tape from
the center at a bias angle of 20°. The ablator was then
bonded to a phenolic structural laminate as shown in Fig. 11.
The structural design temperature was 600°F at water
impact. Because of the launch vehicle configuration, the
ablator was protected from launch heating; however, during
space operations, the heat shield is unprotected and experi-
ences temperature extremes from -150° to +150°F.
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Fig. 11 Spacecraft thermal protection systems.

Improvements in ablation technology and materials were
used in the Gemini Program to reduce heat-shield unit weights
for heat loads and entry times which were greater than those
encountered on the Mercury flights. The Gemini heat
shield (Fig. 11) consisted of an elastomer, DC325, filled into
an open phenolic honeycomb cell which was bonded to a
phenolic honeycomb structural panel. The structural design
temperature at water impact was 500°F, which was a struc-
tural limit determined by bondline and structural honeycomb
panel strength. The Gemini heat shield was protected dur-
ing launch and space operatlons by the retrorocket and equip-
ment adapter sections in which the thermal environment
varied from 0° to 150°F. The honeycomb cellwall provided
additional physical integrity to the char and isolated char
failure modes to a single cell.

The Apollo ablation material is an epoxy novalac resin sys-
tem filled with phenolic micro balloons and quartz fibers.
This material is gunned into an open cell phenolic honeycomb
which is bonded to a stainless-steel structural panel. How-
ever, there are some important differences; first, the entire
entry module (command module) is protected by an ablator;
second, the heat shield contains a number of penetratlons
such as windows, access hatches, and utility lines which are
connected to the module and thlrd the heat shield is covered
by a thermal control coating to limit temperature excursions
to between —150° and +150°F.

High-speed entry into Martian and Venusian atmospheres
as well as lunar or planetary return results in a combination
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of convective and radiative heating loads that are not
encountered in normal KEarth-ballistic entry flight tests.
Several theoretical investigators$®®* have predicted that
significant radiation flux blockage is possible through mass
addition. A limited amount of ground-based test data is
available from which radiation flux blockage can be demon-
strated in phenolic nylon and, by use of fluoride additives, in
a low-density ablator.

Development and characterization of ablators for the out-
of-orbit Mars entry has centered mostly on the lower-density
(12-30 1b/ft®) foamed and syntactic silicone and silicone
epoxies, syntactic epoxies, and foamed Teflon.8-% These
ablators, functioning primarily in the insulation mode, provide
lighter shield systems and have successfully passed the ground
tests simulating heat sterilization, vacuum exposure, Mars
entry, and rf transparency in the charred state.

Selection of a shield material for Venus entry is more in-
volved than for Mars because of the increased severity and
complexity of the hypersonic environment which results
primarily from the higher entry velocites. Nagler® has
reviewed the applicability of several current material sys-
tems (including the Apollo rigid ablator, phenolic nylon, and
phenolic carbon) across the range of entry conditions and
ballistic coefficients currently of interest. Florence® sum-
marized the configuration constraints imposed on the entry
probe to hold the convective and radiative heating levels to
values consistent with Earth-entry flight experience. If the
effect of the boundary-layer chemistry in the CO, and N,
atmospheres can be shown experimentally, correlations of
ablator ground and flight test data in air that include the
mechanical char removal effects can be extended for use in the
planetary atmospheres. Since the entry velocity of a typical
Venus probe may be only 36,000 ft/sec, the resulting radiative
heating rates could be relatively moderate. Florence® also
points out that Earth-entry flight tests have been flown suc-
cessfully on high-8 entry vehicles where the peak radiative
heating rate was 600 Btu/ft>-sec. Hence, it would appear
that Venus entry at 36,000 ft/sec is not significantly outside
the range of available Earth-entry flight test data. How-
ever, as the entry velocity is increased to 45,000 ft/sec, the
peak radiative heating rates increase by a factor of ~3 while
the peak convective heating rates increase by a factor of ~2.
For material response characterization at these entry veloci-
ties, ground-based test simulation capability is the pacing
item. Until material response to the simulated radiative/-
convective environment is available, the entry velocity and
ballistic coefficient must be kept as small as possible for the
Venus probe.

The techniques presently in use can be readily extended to
include foreign planet environments. The performance of
ablation materials in these environments must be established
by extensive studies similar to those which have led to present
understanding of material performance in the Earth atmo-
sphere. Space flight programs have resulted in the develop-
ment of ablation materials, manufacturing techniques, and
methods of analysis that are unique to entry technology.
Thermal protection systems designs have evolved which are
not only thermally efficient during entry but which maintain
system integrity during launch and space operations prior to
entry.

Entry Vehicle Tests

One of the most formidable and unique problems of entry
vehicle development is realistic proof testing. The entry
environment generates thermal energy densities up to 1 Gw/-
ft?, with heat-transfer rates that approach 10,000 Btu/ft>sec
for the extreme trajectories. Most other significant portions
of the environment encountered by spacecraft, such as
vacuum, vibration, acoustic and inertial loads, solar radiation,
the thermal sink of deep space, and even the mild heating
encountered during launch, can be simulated in test facilities
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on complete spaceraft with sufficient accuracy to generate
confidence in the vehicle design. However, the thermal
performance ground testing of entry vehicles shield struc-
tures has been restricted to a collection of partial tests, most
of which must be performed on small material samples or
scale models and which are completely inadequate to lend
any direct confidence in the entry vehicle design. Flight
testing is therefore used extensively, not only to provide final
qualification, but also to determine the basic performance of
vehicle configurations and thermal protection systems.

Ground-based experimental facilities have come a long way
in simulating many of the important parameters of the entry
environment. Electric arc jets, shock tubes and tunnels,
continuous flow facilities, and ballistic flight facilities have all
advanced significantly in the past few years. The perfor-
mance of these facilities will be enhanced even further, and
conceptual new devices will appear. Flight experience with
manned and unmanned entry vehicles provides a relatively
firm base from which technology can grow. A large amount
of flight data is available; however, weaknesses in the de-
velopment of flight instrumentation have limited the types of
available data. A greater technological investment in the
area of both flight and ground instrumentation would be most
fruitful.

Arc-heated wind-tunnel facilities are now operational which
are capable of simultating the gas enthalpies, heat-transfer
rates, and pressures encountered during entries at lunar-
return velocities on models with size measured in feet. The
capabilities of some of the newer arc-heated tunnel facilities
are shown in Fig. 13. The current deficiencies in ground
testing capability for thermal protection systems constitute
somewhat of a paradox. One of the problems is the simulation
of the low heating rates experienced by the afterbodies of
Earth-orbital and lunar-return entry vehicles at realistic
pressures and gas enthalpies. This problem is important to
engineering attempts to design efficient or minimum weight
thermal protection systems for such vehicles, since approxi-
mately 3 of the heat-shield weight and £ of its area operates in
such an environment. This problem in simulation exists
simply because the convective heating rate varies inversely
with the scale of the model. Thus, the innovation of new
testing techniques which circumvent model scaling are re-
quired for such testing.

For hypervelocity entries, the primary heat-shield testing
requirement is for either extremely high convective heating
rates at high pressures and shears for sharp vehicles or for
extremely high radiative heating simulation for blunt bodies.
The model scale is again the nemesis since radiant flux is a
direct function of model size. This problem presently defies a
solution; an extensive research and development program
will be required to meet this simulation requirement.

Experimental capability exists at several facilities to pro-
vide simultaneous simulation of radiative and convective
heating loads. The current and near-future convective and
radiative heating capabilities of these industry and NASA
facilities is presented in Fig. 14. The Apollo flight corridor
is included as well as the maximum heating rates experienced
by an early ballistic entry vehicle flown with a phenolic nylon
heat shield. Superimposed over the flight test experience
and ground test capability are the predicted maximum heating
rates to the vehicle stagnation point of a Venus entry vehicle.
These data are for a representative range of nose radii and
ballistic parameters for entry into the MSC model lower
atmosphere at an entry velocity of 36,000 ft/sec. To fly
within the range of available flight data or ground test capa-
bility requires use of a minimum value of the product 8 sinvyz.
For a nominal Zg of 60° and 0.25 < B < 2 ft, a 8 range 25
< B < 81b/ft?isrequired.

Flight testing has been used in all major entry vehicle de-
velopment programs. In some unmanned programs, re-
peated tests of prototype vehicles have been used in the de-
velopment process, both with recoverable and nonrecoverable
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payloads. The Apollo Program presented a unique problem
in that prototype vehicles could not be tested at full lunar-
return entry velocity until the Saturn V booster was opera~
tional, by which time the program dictated that the final
entry vehicle was to be completely designed and built.

To meet the requirements for flight test data, the extensive
test programs were performed for the Mercury, Gemini, and
Apollo missions. The Apollo Program included small-scale
tests (each for a specific objective) and lower-velocity tests of
the complete system. These tests, however, did not yield
data sufficient to answer the question of the performance of
the full-scale vehicle during a full-velocity entry; they did
suffice to dispel some of the concerns regarding radiative heat-
ing, turbulent flow ablator performance, and effects of pro-
tuberance on the heat shield. Quantitative data directly
related to the Apollo could not be obtained from the small-
scale tests because of the uncertain effects of scale on con-
vective and radiative heating. For future missions, the
entry vehicle flight problem will be alleviated by the avail-
ability of boosters eapable of propelling essentially full-scale
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test vehicles to the required entry velocities early enough in
the program to provide meaningful inputs to entry vehicle
development. In addition, it may be possible, with the more
frequent operational missions anticipated in the next decade,
to fly panels of candidate heatshield systems (on a noninter-
ference basis) on some existing vehicles.

The most formidable flight test challenge faced at this time
is that of peforming Earth-entry tests which realistically
simulate entry into the atmosphere of other planets, such as
Mars and Venus. Since the atmospheres of these planets are
significantly different from that of the Earth, careful tailor-
ing of the altitudes and velocities of these tests will be neces-
sary to obtain the appropriate convective and radiant heating
rates and dynamic pressures, even though full-scale vehicles
can be used if desired. Studies®-10 have been performed
which indicate that reasonable simulation can be obtained by
such tailoring and by adjustments in vehicle scale.

Conclusions

An extensive technological base has been developed for
manned and unmanned entry from space at lunar-return
velocities through programs such as the Biosatellite, Mer-
cury, Gemini, and Apollo. The basic configurations have
been blunt with a continuing trend toward the development
of higher lift-to-drag ratios for greater flexibility and precision
in recovery. It is anticipated that this trend will continue
with a corresponding change in configuration. It does not
appear that any major basic technological problems exist for
the development of planetary entry systems for Venus or
Mars, although engineering refinement in several technical
disciplines would result in an appreciable improvement in the
scientific-payload-to-entry-vehicle-weight ratio.  As the
entry velocity increases to those typical of planetary return
missions, the uncertainties in the interaction of the environ-
ment with the entry vehicle system increase considerably,
and a significant effort will be required to develop a sound
engineering base for these systems. An extensive technical
base has been developed in the environmental control systems
and life support systems for manned and unmanned systems.
These include single-gas and two-gas systems. Total space-
craft concept trends indicate that the entry vehicle may no
longer serve as the full-time living quarters and command and
control center for future space programs, although some mis-
sion modes will probably require the current approach.

Crew safety imposes stringent requirements on the entry
vehicle/space vehicle system and will probably result in the
need for a lifeboat system in the future. The shift from VHF
to S band in telemetry systems will require higher transmitter
power output, which could affect the power systems. For
longer life space systems, the RTG power supply appears to
offer significant advantages. Uncertainties in entry environ-
ment phenomena, such as radiant heat transfer at higher entry
velocities and in boundary-layer transition, result in signifi-
cant weight penalties to the entry system. In addition, the
interaction of the environment with the materials, such as the
ablation heat shield, need more extensive study to improve the
system payload capability.

As a result of shortcomings in ground-based test simulation
capability for evaluating shield-structure thermal perfor-
mance, the need exists for effective entry flight simulation
programs. In conjunction with this activity, improved
sensors will be required to effectively measure the perfor-
mance of the system.

In summary, it does not appear that any eritical techno-
logical shortcomings exist to prevent early planetary lander
system development although engineering refinements will be
required to achieve scientific payload optimization. For
higher-velocity entry such as planetary return, significant
technological development will be required for effective de-
velopment of these systems.

J. SPACECRAFT
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